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RESEARCH MEMORANDUM

AERODYNAMIC HEATING OF A WING AS DETERMINED
FROM A FREE-FLIGHT ROCKET-MODEL TEST TO MACH NUMBER 3.64L

By Andrew G. Swanson and Charles B. Rumsey
SUMMARY

As pert of a general prograem to study aerodynamic heating, a wing of
aspect ratio 2.9 having a 30° swept leading edge, an wmswept trailing edge,
and a hexsgonal airfoil section was flight tested on a rocket-propelled

model to a Mach number of 3.64 and a Reynolds number of 31.9 X 106 (based
on wing mean aerodynsmic chord of 1.52 feet).

The highest temperstures end heat-transfer rates occurred at the
stagnation line on the leading edge of the wing; however, the ‘temperature
measurement technique was inadequate for correlating the dsta with theory.
Stanton numbers reduced from the tempersture time histories measured at
locations other than the stagnation point were in fair agreement with the
theoretical results of Van Driest for f£lat plates with turbulent boundary
layers. The use of the Van Driest theory in predicting temperature time
histories was shown to glive results of good engineering accuracy for the
conditions of this test. Under the transient heating conditions of the
test, large temperature gradlients were found to exist over the surface of
the wing. Also, a tempersature differentizl through the skin was measured.

INTRODUCTION

A felirly extensive literature exists on experimental investigations
of supersonic aerodynamic heat transfer to bodies of revolution (including
various nose shapes) and flat plates, but the data for other components of
airplanes and missiles are relatively meager. Preliminary data on heat
transfer to such components as wings, canopies, and control surfaces are
glven in reference 1 for a few values of Mach number and Reynolds number.
Details of one of the Investigetions of reference 1 are available in ref-
erence 2 for a 60° delta wing at a Mach number of 1.98. Heat-transfer
data for two-dimensional wings, at falrly low Reynolds numbers, are glven
in reference 3 for Mach numbers in the range 1.5 to 2.0.

As part of a general program by the Langley Pllotless Aircraft

Research Division to determine supersonic serodynsmlic heat transfer to
components, temperature measurements were obtained on a wing mounted as
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one of the stebilizing fins mounted on a rocket motor used to propel a
conlcal-nose model. The main objective of the test was to obtain heat-
transfer dats for the cone. The primary purpose of the wing instrumen-~
tation was to obtain data for use in design of NACA research missiles;
however, it is belleved that the wing is representative of typlcal super-
sonic designs and that the data willl be of general use and interest. Only
the wing date sre reported herein.

The wing, of aspect ratio 2.9, had a 500 swept leading edge and an
unswept tralling edge and employed a hexagonal airfoil section. The
rocket motor propelled the test vehicle +to a Mach number of 3. 6’+ and a

corresponding free-stream Reynolds number of 31.9 X 106 based on wing
mean aerodynamic chord of 1.52 feet. The data are compared with results
predicted from the theory of Van Driest for a flat plate with a turbulent
boundary layer. The flight test was. conducted at the Pilotless Aircraft
Research Station at Wallops Islarnd, Va.

SYMBOLS
Ngy, Stanton number, —h__
(eprV);
Ce local skin-friction coefficient
Btu
specific heat, ————
" (s1lug) (°R)
o density, slugs/cu £t
€ emissivity
o Stefan-Boltzmann constent, 0.4806 x 10712 Btu -
(sq £t) (sec) (°R)
t thickness, £t
T temperature, °R
T time, seconds . -
v velocity, ft/sec
Tore = Ty
Ny recovery factor, —————
Ty - Ty
S
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M viscosity, slugs/ft-sec

(Btu) (£4)

X thermal conductivity, (sq £t) (sec) (°R)

statlic pressure, 1b/sq ft

b
q dynamic pressure, lb/sq_ £t
R Reynolds number, pVx/u
x distence from wing leeding edge (measured in free-stream
direction), ft ' i
NPr Prandtl number, Cpht /k
c ~ chord, Tt
M Mach nuaber
h local é.erodynamic heat-transfer coefficient,
Btu
(sec)(sq £1)(CR)
v distance along wing surface (measured in direction of
: conductive heat flow), £t
Subscripts:
1 Just outslde boundary lasyer
aw adiabatic wall
t stagnation
W wall (skin)
®© free stream

MODEL: AND INSTRUMENTATION

The general arrangement and pertinent dimensions of the test vehicle
are shown In the sketch of figure 1 and in the photograph of figure 2.
A detalled sketch of the wing alone is shown In figure 3 with geometric
characteristics belng given In table I.

L -
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The wing was mounted as one of four similer stebilizing fins of the
rocket motor (M-5 JATO or Nike missile booster) which wes used o propel
a conicel nose. (See fig. 2.)

Megnesium sheet of 3/16-inch thickness was used for the flat sec-
tion of the wing and 1/8-inch-thick sheet was used for the leading- and
tralling-edge wedge sections. Magnesium spars were welded to the skin
at the break lines and ran from root to tip. The leading-edge skin was
supported by 3/32-inch-thick megnesium ribs. A weld bead, rounded to
approximately semicircular shape, Jjoined the top and bottom skins at
both the leading and tralling edges. The wing root was welded along the
flat section to a cast magnesium shroud wrapped around the rocket motor
nozzle. The tip was sealed with a magnesium plate. The skin surfaces
were falrly smooth but were not polished.

The meximum camber, bow (spanwise), and twist of the wing were less
then 0.04, 0.20 inch, and 0.3°, respectively. The alinement of the wing
with the rocket motor and cone center line was within 1°.

The locations of the iron-constantan thermocouples are given in
figure 5 and table II. The thermocouples were all mounted sufficlently
far from the ribs for the heat flow into the ribs to have negligible
Influence on the skin temperstures at the measurement points. The spars
may have had some influence on the datae obtalined after the peak tempera-
ture was reached, as 1s discussed later. Thermocouples 1l and 12 were
mounted close to the root to determine heat-sink effects of the fin
mounting shroud on fin temperastures. With the exception of thermocou-
ples 3 and 5, all thermocouples were located at the inside surfaces of
the skin. Thermocouple > measured a temperature on the outside surface,
as shown in figure 3, by having the bead (the fused Junction of the wires)
welded in a holeé countersunk about 1/16 inch deep in the outer surface.
The diameter of the hole under the bead, through which the wires were
led, was about 1/16 inch in diemeter. The thermocouple leads were
insulated from one another and the skin up to the Juncture. of the bead.
Thermocouple 5 was mounted in a similar fashion at the outer surface of
the leading edge at the stagnetion point..

Measurements of the temperatures were transmitted to the ground by
a telemeter located in the nose cone. The meximum probable error in the
temperature measured on the flat portion end the trailing-edge wedge of
the wing is t10° R. This value i1s based on a maximum probable error of
12 percent of the calibrated full-scale range which is the usual accurscy
of Pilotless Alrcraft Resesrch Division flight-model instrumentation.
However, since the thermocouple telemetric technique includes an in-flight
calibration (transmission of three known voltages in sddition to the
thermocouple readings), the asccuracy of these temperatures probably
approaches 15° R (tl percent of full-scale renge). Because the tempera-
tures on the leading-edge wedge section exceeded the nominal calibrated
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full-scele-range upper limit of 1,020° R by varying amounts, the accuracy
of these measurements is less at the maximum velues asnd is probaebly about
+15° R at 1,100° R.

A more complete discussion of the generasl methods of thermocouple
installation and of the temperature telemetric techniques employed by
the Langley Pilotless Alrcraft Research Division is presented In
reference k.

TEST AND ANATLYSIS

The model was ground launched at an elevation angle of T5°. Tempers-
ture data were recorded durlng end after the burning qf' the M-5 JATO rocket
motor. Velocity data were obtained from a CW Doppler radsr, model space
position was obtained from an NACA modified SCR 584 tracking radar, and
atmospheric data were obtained from a rawinsonde (e radsr-tracked sounding
balloon). Velocity data were corrected for the wind velocity determined
by the rawlnsonde.

The temperature time-history data were reduced to Stanton number
from the following relation (which is discussed in more detail in refs. 4
and 5:

{epot)w amy, oeTy, (t),  d°m,

Cow - %) & (Tow - Ta)  (Tow - &) 72

Nat epPV)1 = (1)

where

T =T+ (T,G - TZ) (2)

The data were reduced using a constant recovery factor of 0.89, which
18 an average value of (NPr) l/ 5 (the theoretical recovery factor for a
turbulent boundary layer) for the range of wall temperatures of the test.

To determine local flow condlitlons over the surface of the wing,
pressure coefficients were determined from linear theory (ref. 6). ILocal
Mach numbers and static pressures were computed from these coefficients
(vhich are shown in fig. 4) by assuming the total pressure over the wing
‘to be that behind a normal shock using the component of free-streem Mach
number normel to the leading edge. Since the stagnation temperature at
eny Mach number 1s constant throughout the flow, the local static

e
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temperatures could be computed from the local Mach nﬁmbers with the super-
sonic flow tables. These local temperatures were combined with the pres-
sures to obtain the local densities.

Since the range of local statlc temperatures wes not large, ch

(local specific heat of alr) was assumed to have a constant value of

T.73 ——QEEE————. This assumption results in negligible error in the
(s1lug) (°R) .

Ngt data presented. The values of specific heat fof_magnesium as a
function of tempersasture were obtalned from reference 7.

Estimstes of the radiastion term (second term on right-hend side of
eq. (1)) showed its effects to be negligible so it was not included in
the data reduction. No exact computations of the conduction term (last
term of eq. (1)) could be made since there were insufficient temperstures

recorded to determine the values of 52TW Byz and, therefore, no conduc-

tion effects were included in the data reduction. Approximate calculations

did indicate, however, that for sbout the first 5 to 8 seconds of the

flight conduction would have very smell effect on the temperature and heat- -
transfer data (except for those stations near the root). One or two sec-
onds beyond peak temperatures (i.e., after about 10 to 12 sec), the

errors Introduced in the heat-transfer data, due to neglecting the condue-
tion terms, are no longer negligible but are small and of the same megni-
tude as the possible errors in the other quantities Involved in the data
reduction.

At times near peak tempersture, the slopes dTwldT are close to
zero, and small differences between relatively large quantities, T,

and T, are involved in the data reduction. Consequently, any small
errors in those quantities are considerably magnified, which results in
large scatter and very poor accuracy. Therefore, values of NSt were
not calculated In the time range near peak temperatures. For this test
the same difficulties exist, to a lesser extent, as the skin begins to
heat(i.e., up to about 2.or 3 sec) and, also, when the skin is cooling
(i.e., after about 11 sec). For these times the maximum probable error
in the Ngi data is computed to be in the range of ¥15 to ¥25 percent.

When the heating rates are high (i.e., from ebout 3 to 8 sec), the maximum
probable error is computed to be about *10 percent. The method used in
computing the accuracy of the NSt data is presented in reference 5 which

discusses in some detall the accuracy of the general method used to obtein
Ng; data with rocket-propelled models in the Langley Pllotless Aircraft «

Research Division.
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In the time region neasr peak temperature, the serodynamic heat
transfer to the skin i1s approximetely the same numerical value as the
conductive heat transfer along the skin to the spars. Since conduction
was not accounted for in the computation of experimental values of Ngi,

the net result of those conduction effects is to extend the time interval,
mentioned previously, over which Ngi data cannot be obtained.

Experimental recovery factors could not be determined since conduc-
tion would also influence these deta. It is belleved that, if conduction
could accurately be accounted for, the experimental recovery factor would
not differ greatly from 0.89.

For comparilison with the experimental deta, theoreticel values of
Stanton number, based on the local flow conditions of the test, were
obtained from the theory of Van Driest for f£flat plates having turbulent
boundary layers (ref. 8). The expression for Cp a8 given by this

reference was modified by use of the Von Ka'&'ms{n gimilarity law for mixing
length as suggested on page 16 of reference 9. The value of NS'!: was

taken to be O-6Cf as suggested in reference 10. ILocal Reynolds numbers
were calculated considering the effective length to be the distance from
the leading edge.

Theoretical temperature time histories were computed for some of
the stations. The Stanton numbers for these calculations were obtained
from the Van Driest theory as previously. Skin temperatures were calcu~
lated by a step-by-step procedure from equation (1) (with the proper
rearrangement of texrms). In computing Tgr» & constant recovery factor

of 0.89 was assumed. Radistion effects were estimated as negligible and
conduction was assumed to be zero. For the subsonic portion of the flight,
local flow conditlons were sssumed equal to free-streem conditions. This
assumption introduced negligible error since the heat transfer and tem-
rerature rise were quite low during this portion of the £flight. Super-
sonic local flow conditions used were those obtained for the reduction

of the NS'b data.

Efforts were made to calculate the temperature at the leadlng edge
(station 5) by using the theory of reference 11. Since a complete time
history for station 5 was not available (resdings from thermocouple 5
exceeded the calibrated renge between 3.3 and 8.8 sec), only a partial
analysis could be made.
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RESULTS

General

The values of free-stream Mach number, Reynolds number per foot, and
stagnation temperature obtalned during the £flight test are presented as
functions of time in figure 5.

, Temperature time histories are presented 1n flgures 6 to 9. With
minor exceptions, which are discussed leter, the general trend is as
would be antlicipeted. The temperatures rose most steeply as the model
accelerated and less steeply after rocket motor burn out (about 3.2 sec)
until a meximum was reached when the wall temperatures equaled the adia-
batic wall temperature. The wall temperature then decreased as the heat
stored in the skin was transferred to the cooler boundary lasyer. The
highest temperatures and heat-transfer rates were at the stagnation point
(station 5). (The data for station 5 exceeded the calibrated range during
the time from 3.3 to 8.8 sec.) Heatlng rates generally decreased as dis-
tance from the leadlng edge and therefore boundary-leyer thickness
increased. When the temperature data of figure 6 are considered, it -
should be noted that the true magnitude of the reductions in heat transfer
due to the changes in local flow conditions over the surface of the wing
is masked by the increased heat capacity of the thick skin of the wing -
center section over the thimner skin of the leading and trailing edges.

The date are shown reduced to Stanton number Nét in figures 10

to 12. Although there 1s some scatter in the experimental data, the
general trend is iIn falr agreement with the theory of Van Driest for
flat plates with turbulent boundary leyers (refs. 8 and 9). Also, the
trends of the experimental results are generally compatible when compar-
isons are made between the data for the various stations. It 1s believed
that accurstely accounting for conduction would generally increase the
agreement between theory and experiment.

Forward Wedge Section

Anslysis proceeds more reedily if the temperature and Stanton number
data for the forward wedge sectionrare considered together. It 1s epparent
from the temperature time histories of figures 6 and 7 and the Ngt deate
of figure 10 that the flow at station 6 was transitional to approximately
the time of peak temperature. This transitional flow caused the temper-
ature at station 6 to lag behind the temperature at station 7 even though
station 7 was the more rearward one and would normelly be expected to be =
cooler because of Increased boundery~layer thickness. Shoritly before
peak temperature was reached, the transitlon point must have been only

SO
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slightly shead of station 6 which resulted in a short effective length of
turbulent flow and, therefore, in higher heat transfer at station 6 than
would have existed 1f the flow had been turbulent from the leading edge.

The level of the datae for stetion T (figs. T and 10) indicates
predominantly turbulent £low for some dlstance ahead of station 7. The
somewhat low level of the experimental Ngy data up to 3 seconds (see

fig. 10) could be an indication of trensitional flow at station T but
is more spt to be due to scatter in the data.

After the time of peak temperature, the Ngt deata for both sta-

tions 6 and T (fig. 10) are somewhat above the turbulent theory based on
length from the leading edge. The agreement is improved, especislly for
station 6, if the boundary-layer transition 1s assumed to occur about
halfway from the leading edge to station 6 and the theory is based on
length from the transition point. Theoretical values for stations 6

snd 7 based on thils essumption are also shown in figure 10. Although

the agreement is not as good at station T as at station 6 , the assumpbtion
may nevertheless be valid since the data for station T would be expected
to show greater influence of conduction than the data for station 6. The
anomalies due to transition are, of course, incidental to the major premise
of reasonably good agreement bebtween the experimental wvalues of NSt and

those predicted from the Ven Driest theory.

If the flow had been turbulent from the leading edge, the temperatures
at station 1 (see fig. T) according to theory should have been somewhat
lower than those measured. A short length of laminer flow, extending about
one-third of the distance from the leading edge to station 1 (i.e. s 8
length of laminar boundsry leyer similer to that assumed in regard to sta-
tions 6 and 7), would ralse the theoretical heating rate sufficiently to
result in theoretical temperatures at station 1 equal to those measured.

Flat Section

The date for the stations on the flat section of the wing, figures 8
and 11 show generally the trend that would be expected. Since lineer
theory predicts practically identical flow conditions over the entire
flat section of the wing, heat-transfer rates at a given time would be
determined primerily by length from the leading edge, that is, Reynolds
number, other things being equal. A messure of inequality is introduced,
howvever, by the proximity of stations 11 end 12 to the large relatively
cool mass of the fin mounting shroud. As was anticipated, this heat sink
reduced the spparent aerodynemic heat-transfer rates for these stations
during the time the skin was heating and Increased the rates during the
time the skin wes cooling by sbsorbing heat from the skin. Since the
conduction effects during the first few seconds were estimated to be only

. TP YRRNNGY
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about 10 percent for even the case of zero temperature rise on the shroud,
1t is probable that all of the experimental Ngi data for station 11 are

somewhat reduced owing to a thick boundary layer at the wing-body Juncture.

The trends of the experimental date for stations 8 and 9 and the
good agreement between theory and experiment for these two stations Indi-
cate that, after the transitional flow at the leading edge, the heat
transfer along this chord line was primarlily a function of the usually
considered parameters of Reynolds number, Mach number, end Tw/TZ'

From the temperature data of figure 8 and the Né£ data of figure 11,

it would eppear that the heat transfer at station 2 was slightly low. 'The
differences between the data obtained and theory are fairly small and

sre withln the range of possible error in the data; however, this small
difference (particulerly up to 4 sec) may explain some effects noted sub-
sequently. Since the conduction effects for statlons 2 and 8 would be
expected to be similar, the levels of the Nét data for these two sta-

tlons would tend to substantiate the belief that, for the date presented
after peak temperature (12 to 15 sec), the error due to neglecting con-
duction is about the same value as the remaining possible errors.

Trailing-Edge Wedge Section

As would be expected, the temperature date for stations 4 and 10 on
the tralling-edge wedge section (plotted in fig. 9) are quite similar.
The date for station 10 are shown reduced to Stanton number in figure 12
and are in fair agreement with the Van Driest theory. In view of the
similarity between temperature time histories and local flow conditions
for stations 10 and 4, the heat-transfer data for the two stations would
also be similar.

Calculated snd Measured Temperature Comparison

Although there 1s some disagreement between the experimental Stanton
number data and the values obtained from the theory of Van Driest, the
use of the theory in predlecting temperatures would glve good results for
the conditions of thils test as 1s 1llustrated by the data of figure 13
which compare temperatures calculated by using the theory with the measured
temperatures at three stations on one chord line at the 42-percent-span
station. The comparison is generally quite good and indicates that for
surfaces such as thin wings, which do not deviate too fer from a flat
plate, the theory wlll predict temperature time histories with good engi-
neering accuracy, at least for the conditions encountered In this test.

WP RDETANT,
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To illustrate more clearly the effects of the leading- and treiling-
edge wedge sections on the temperature distribution, a temperature time
history for station 9, which is on the flat section of the wing, is
presented in figure 13 for a 1/8-:anh thickness (the thickness of the
skin on the wedge sections) in addition to a time history for the actual
skin thickness at station 9 of 3/16 inch. Discounting Reynolds number
effects, which would be relastively small, the changes in local flow con-
ditions after each change in slope of the airfoil are seen to have about
equal influence on the heat transfer. Also, the increased heat capacity
of the thicker skin can be seen to have an effect equal to that of the
expension in reducing the maximum tempersture, clearly 1llustrating that,
for repid transient heating, structural chsracteristics and aserodynamic
phenomona can be equally powerful influences on the temperature
distribution.

For this test, chenges in Ngi of 20 percent of the values of Ngt

computed from Van Driest theory resulted in a varilation of about 10 per-
cent in the meximum temperature rise computed In the temperature time
history. The amount of variation in pesk temperature for a given varies-
tion in Ngiy is, of course, a function of ITa.w - Tw‘ and therefore a

function of the particular vehicle, and its trajectory, for which the
computations sre made.

In computing the temperature histories, a variation of £20 percent
in the static-pressure coefficients resulted in less than 5-percent change
in the product pV. (Variations in the term pV have, of course, the
same effect on temperature time-~history calculations as do similar vari-
ations in Ngt.) The pV product wes sensitive, however, to the assumed
value of total pressure over the wing surface. A change from an attached
oblique shock to a detached normal shock af the wing leading edge resulted
in changes of about 10 percent to 50 percent in the values of pV.

Tt should be remarked that although the use of the Van Driest turbu-
lent theory should, in most instances, give good engineering accuracy in
predicting temperatures over the wing surface, a transition from laminer
to turbulent flow could result in actusl temperatures nesr the transition
point somewhat higher then those calculated aessuming turbulent flow over
the entire surface. .

In the case of the leading-edge temperature et the stagnation line,
a rlgorous comparison between experiment and theory could not be mede
since a complete time history of leading-edge temperature was not obtaeined
(resdings from thermocouple 5 exceeded the calibrated range from about 3.3
to 8.8 sec). However, computations of temperature at the stagnetion line
were made by using heat-transfer coefficients obtained from the theory of
reference 11. The values of h were based on the nomingl leading-~edge
diameter of 1/4 inch. The effective thickness was assumed %o be 1/8 inch

(MY
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and the adilabatic wall tempergture was assumed as Ty (or recovery .
factor 1, = l.O). As can be seen in figure 14, the temperature history
thus computed is in fair agreement with the experimental data avallable
during the heating portion of the flight but is 1n poorer egreement as

to the level and trend during the time the leadlng edge is cooling. It

is believed that the peask temperature predicted 1s probably representatlve
of the actusl temperature of the wing leading edge.

Temperature Gradient Through Skin

An attempt was made to measure the temperature differential through
the skin by Installing thermocouples at the outside and inside surfaces,
stations 3 and 2, respectively. The results are shown in figure 15
together with a differentiel predicted from reference 12 by assuming a
variation of temperature at station 3 proportionsl to time squared (with
axis at +t = 1.0) and then computing the resulting temperature at the
inside surface. The theory glves a temperature differential considerably
less than that measured. The methods of reference 135, in which the heat
input rather than the variatlon of temperature on the outside surface is
used, gave similasr results. Since the thermal properties of the wall do
not vary much over the range of temperatures involved, the theoretical
results should be falrly exact and it is most probable that the experi- -
mental data do not give s true indication of the gradient through the
skin since the techniques of measurement were not sufficiently sophisti-
cated to determine accurately the temperature dilfference through a solid
homogeneous wall. The type of thermocouple Instaellation at station 3
(see £ig. 3) would tend to create a local hot spot, owing to the decreased
mass beneath the thermocouple, which would result in a surface temperature
higher then would have existed on & homogeneous skin. This effect is
probably the prime source of difference between theory and experiment.

Also, as noted previously, the heat transfer at station 2 is slightly low
during the first portion of the flight. If thls low value is due to some
error In the temperature measurement rather than an actual effect of local
flow conditions at station 2, the temperature data for station 8 might
glve a truer picture of the actual inside wall temperature in the vicinity
of stations 2 end 3. As cen be seen In figure 15, the agreement between
measured and predicted temperature differential 1s somewhat improved if
the data for station 8 are used in place of the data for station 2.

Both experimental and theoretical Stanton numbers are .negligibly in
error even though this gradient through the skin was not accounted for
in the calculatlons since the gradient has small effect on the slopes
dTw/dT and, even at the highest of heating rates, the small tem?erature

differential mekes the inside (measured) wall temperature not much dif-
ferent from mean tempersature.
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Temperature Gradients Over Surface

As would be expected, severe gradients over the surface of the wing
were found to exist under the traunsient aerodynesmic hesting conditions of
this test. Presented in figure 16 is the chordwise temperasture distribu-
tion at the 42-percent-span station for four different times and Mach
nunbers during the coasting portion of the f£light. (The lines connecting
the data polnts are not falirings, since there were too few measurements
to define adequately the distribution, but are merely for identification

purposes. )

The changing charecter of the gradients with time (and therefore
heating rate) are clearly indicated. These gradients might be expected
t0 have some Influence on the measured date; however, no influence is
apparent from comparison of the experimental heat-transfer date wlth the
theory (which is for isothermal surface conditions).

CONCLUSIONS

Rocket-model tests of a wing of aspect ratio 2.9 having a 30° swept
leading edge and an unswept trailing edge and employing a hexasgonal air-
foll section have been made to a Mach number of 3.64 and a Reynolds number
of 31.9 X 106 (besed on wing mean serodynamic chord). The data indicate
the following results:

1. The highest temperatures and heat-transfer rates occurred at the
stagnation line on the leading edge of the wing; however, the temperature
measurement technique was inadequate for correlating the date with theory.

2. The Stanton numbers reduced from the temperature time historiles for
stations other than the stagnation point were in falr agreement with the
theoretical results of Van Driest for flet plates with turbulent boundary
layers, ’

3. For the condltions of this test, skin temperatures were predicted
with good engineering accuracy by use of Van Driest's theory.

Langley Aeronautical Ieboratory,
Netional Advisory Committee for Aeronautics,
Lengley Field, Va., May 29, 1956.
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TABLE I.- WING GEOMETRY

Aspect ratio (based on exposed ares in one plane) . « « o & « « & 2.9
Taper TetI0 « ¢ ¢ ¢ o o o o o o o o o o o o s s o o o o o o« s o« Ol
Thickness ratio (tip), Percent « « « ¢« v « v o« o o ¢« « o s« = ¢« « &« 5.0
Thickness ratlio (root), Percent « « « « o « « o o o o o s s o o o Bl
Leading~edge sweeP, A8 « o o o o s o s « s s o s a s o o o o o = 30
Tralling-edge sweeD, A€E « « « « « o o o o s « o o o« ¢ s s s s o & 0
Leading-edge wedge angle, A8 « « « « « « « o o o o « o o o+ o o 4.3
Trailing-edge wedge angle, AEE « « « o o ¢ o « s « ¢« s s a s » o « 5.6
Alrfoll 8eCtiOn .« 4 ¢ « o o o o o 4 o o o o o o s s o o o o o Hexagonal
Mean serodynamic chord, £ . o « ¢ ¢ ¢ ¢ o o o o s o o o s s s s & 152
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TABLE IT.- THERMOCOUPLE LOCATIONS

17

Distance
Thermocouple | Span station, Distance from from leading
in. leading edge, in. edge, percent c
1 4.5 2.38 4.3
2 1.5 7.19 W37
3 .5 T.57 46.1
4 .5 KIRIY 88.0
5 10.5 o] 0
6 10.5 1.62 8.8
T 10.5 3.37 18.k
8 10.5 T.75 ho,2
9 10.5 11.75 64 .0
10 10.5 16.13 88.0
1 2.0 10.03 L3,1
12 2.0 14.78 63.3
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Figure 1.- Genersl arrangement and dimensiong of model tested. Dimensions
ere in inches unless otherwise stated.
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Figure 2.- Rocket model on lsuncher. L-896L|'8‘1
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Weld Weld

Typical thermocouple instatlation =50
Weld

le 10

Thermocouple bead —-“].94'-— - —1[.38#—

-Leads to telemeter

Installation at station 3

250

Installation at station 5

o
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3?° Thérmocouple location N ll
l——7.18 ——— e—8.31—n i
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|88—, 1254
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Figure 3.~ General arrangement of wing alone. Dimensions are in inches
unless otherwise stated.
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(a.) Static-pressure coefficient (from linesr theory) .
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M E HH A T
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e
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M(D
(b) Local Mach number (normal shock st leading edge).

Figure L4.- Locael flow parameters as functions of free-stream Mach number.
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4
Mo o
o) 5 T,s5eC 10 15
(a) Free-stream Mach number.
30x10°8
20
RCD
Ft
10 i
o 5 tsec 10 15
(b) Free-stream Reynolds number per foot.
2000
T}?R
1000
0 5 T,5ec 10 5

(c) Stagnation temperature. _

Figure 5.- Mach number,; Reynolds number, and stagnation-temperature time
histories. '

WooE EDENTEY -




ISOO |||||||||||||||||||||||||||  we s} r RN AR AR IRRERRRRRARE!

Temp Station Thnckness in.

& - H 0.25

BITLOCT W VOVA

7 ————H .25

8 - RS .188

9 —-= i 188

0 ——m—— 125

THE Thermocouple 5 exceededif}

i colibrated range |n 1h|s
e region i

] Stuhon 5

HHH

] = i ”?:::u:l SRR Station 6
Ty R 1000 ] ; PP PR

Statlon 7 .
bt Siation 5 1
' Siation 10
500 4 6 8 0 2 13

T,S€ec

Figure 6.~ Temperature time histories. Spenwise station 10.5 (42-percent~
gpan station).
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Figure T.- Temperature time histories.

Stations on leading-edge wedge.
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Figure 8.- Temperature time histories. Stations on flat section.
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Figure 9.~ Temperature time histories. Stations on trailing-edge wedge.
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Figure 10.~ Stanton number time historles. 8tations on leading-edge wedge.
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Figure 1l1.- Stanton number time histories.
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Figure 12.- Stanton number time history.

Station 10 on trailing-edge wedge.
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Figure 1%.- Comparison of theoretical and experimental temperature time
histories.
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Figure 1k.- Temperature at leading-edge stagnetion line (station 5).
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Filgure 15.- Comparison of inslde and outside skin temperatures.
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400 %# cqic. from theory (Ref.il)
Yy Time Mo
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Figure 16.- Chordwise tempersture distributions. Spanwise station 10.5
(4o-percent-span station). R
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